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ABSTRACT

Design optimization of axial compressors using numerical simulations requires huge computational
efforts. Therefore, the design process needs to be started from a reasonable design point. In the
current study, a design tool is developed for the preliminary design of transonic compressors using
different correlations of cascade experimental data for the shock losses and the deviation angle. A
parametric study is performed to select the design parameters for optimum fan performance in terms
of efficiency and surge margin. The designed fan is tested during off design operation and simulated
numerically using computational fluid dynamics to verify the developed design tool. The numerical
simulations of designed fan show good agreement with the preliminary design results.

INTRODUCTION

Transonic axial flow compressors are widely used in recent aircraft engines to obtain maximum
pressure ratios per stage. High stage pressure ratios are important to reduce the engine weight, size
and operational costs. Performance of transonic compressors has reached a high level but further
improvements are required by engine manufacturers. A small increment in efficiency can result in
huge savings in fuel costs and this is considered a key factor for the product success.

Important analytical and experimental researches in the field of transonic compressors were carried
out since 1960's. A considerable contribution for the new developments and designs is the progress
made in optical measurement techniques and computational methods, leading to a deeper
understanding of the loss mechanisms of supersonic relative flow in compressors (e.g. [Hah & Reid
1992]; [Ning & Xu, 2001]; [Puterbaugh et al., 1997]; [Strazisar, 1985]; [Mdouki & Gahmousse, 2012]).
The flow field that develops inside a transonic compressor rotor is extremely complex and presents
many challenges to compressor designers, who have to deal with several and concurring flow features
such as shock waves, intense secondary flows, shock/boundary layer interaction, etc., inducing
energy losses and efficiency reduction.

With advances in Computational Fluid Dynamics (CFD) and computer hardware, CFD has become
an integral part of the blade design process. CFD has been employed to cut aerodynamic design cost
and time scales by reducing the number of required experiments. A preliminary design is therefore
required as a prelude to the optimization problem. The design process for the compressor
encompasses the following steps; choice of rotational speeds, determination of the number of stages,
calculation of the air angles, the blade losses at the mean radius, variation of the air angles from root
to tip. In addition, selection of blade geometry is done by performing a parametric study over a number
of variables affecting the compressor performance. Calculations of the rotor map at the off design
conditions are needed to judge the selected deign parameters.
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Important analytical and experimental studies in the field of transonic compressors have been carried
out since 1960's. [Miller et al. 1961] have made a good advancement in the art of transonic
compressors. Different correlations for a variety of rotors operating over a wide range of conditions
are presented. The theoretical analysis described in [Wennerstrom 2000] and [Wu 1952] provides a
general description of the design methodology for axial fans.

The preliminary design and off-design of turbomachines require experimental and theoretical
correlations to estimate the pressure losses, incidence angle at the design and the deviation angle.
Different pressure loss models including the shock loss models are suggested for the preliminary
design of transonic compressors. A new modelis presented by [Wennerstrom and Puterbaugh 1984]
for predicting the shock loss through a transonic or supersonic compressor blade row operating at
peak efficiency. This model is different from the classical [Miller 1961] normal shock model. It takes
into accountthe span wise obliquity of the shock surface due to leading-edge sweep, blade twist, and
solidity variation. [Freeman and Cumpsty 1992] used a simple model to calculate the flow in transonic
compressor blades. The method addresses the common irreversible deceleration and compression
that takes place when a shock stands ahead of the blade leading edge. This model is able to predict
the loss creation in the inlet region. [Puterbaugh et al. 1997] presented an analysis of the effectiveness
of a three-dimensional shock loss model used in transonic compressor rotor design. The model is
used for the design of an aft-swept, transonic compressor rotor. This shock loss model is developed to
account for the benefit gained with three-dimensional shock sweep.

[Strazisar 1985] investigated several flow phenomena, including flow field periodicity, rotor shock
oscillation, androtor shock system geometry in a transoniclow aspect ratio fan rotor using laser
anemometry. [Schreiber and Tweedt 1987] suggested a new method to determine the shock loss and
profile loss portions of the overall loss from actual measurement. The method applied on L0O30-4 and
L0O30-6 cascades over a range of operating conditions to form an excellent basis for validating a shock
loss model. [Konig et al. 1996] used newblading concepts toimprove loss and deviation angle
correlations. The model incorporates several elements and treats blade-row flows having subsonic and
supersonic inlet conditions established for DCA bladings and modifiedto reflect the flow situation in
blade rows having arbitrarily designed blades including precompression blades. The steady
lossincreases from  subsonic to supersonic inlet-flow velocities demonstrates the
matched performance of the different correlations of the new model.

There are many correlations dealing with the incidence angle and deviation angle at the design and
off design conditions. The minimum loss incidence angle given by [Lieblein 1965] considers the
viscous effects on two-dimensional incompressible flow about compressor blade profiles in cascade.
[Hearsey 1970] developed the stream line curvature method by using empirical cascade data to
determine low-speed, minimum loss —incidence, deviation and loss. In addition, the deviation angle at
the design conditions is given by [Carter's 1950]. [Cetin, et al. 1987] recommended a modification to
Carter’s rule to account for underestimation of the deviation at design conditions.

Design validation and optimization of transonic compressors are done using the numerical solution
of the turbulent flow equations. [Hah and Reid 1992] conducted a numerical study based on the three-
dimensional Reynolds-averaged Navier—Stokes equation to investigate the detailed flow physics
inside atransonic compressor. Three-dimensional shock structure, shock-boundary layer interaction,
flow separation, radial mixing, and wake development are all investigated at the design and off-design
conditions. [Ning and Xu 2001], made a numerical investigation of transonic compressor rotor flow
using an implicit 3D flow solver with one-equation Spalart-allmaras turbulence model.

A closer look at the current trend in the design parameters for axial flow transonic compressors
shows that, especially for civil aircraft engines, the inlet relative Mach number at the rotor tip is limited
to 1.3 to maintain high compressor efficiency. This value may increase to 1.6 in some high speed
rotors as suggested by [Law and Puterbaugh 1988]. Today's high efficiency transonic axial flow
compressors give a total pressure ratio in the order of 1.7-1.8 per stage. These high pressure ratios
can be obtained by combining high rotor speeds, tip speed in the order of 500 m/s, and high stage
loadings 2Ah/u? in the order of 1.0 as suggested by [Biollo and Benini 2011]. The number of stages is
related to the stage total temperature rise. The temperature rise per stage for the current subsonic
compressors is limited to values between 10- 30 K and 45 -55 K for transonic stages according to
[Saravanamuttoo and et. al. 2001].

The objective of the current study is to develop a reliable low fidelity-design tool for the design of
transonic compressors that can be used as an initial geometry for the numerical simulations. A
parametric study of compressor blade geometry is performed to achieve optimum design and off-
design operations in terms of fan efficiency and surge margin. There are different types of blade
geometries used in axial compressors such as double circular arc (DCA), multiple circular arcs (MCA),
pre-compression, and controlled diffusion. The surfaces of the blades for the last two types are
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specifically designed to achieve certain distribution of flow properties through the rotor for specific
applications. The (MCA) profile is considered a good choice to design compressor blades during the
preliminarily steps.

There are certain blade characteristics that are generally regarded as beneficial to achieving
compression in the transonic regime in terms of solidity, aspect ratio, stagger angle and camber angle.
Stagger angle is particularly an important parameter when supersonic flows are involved because of
the direct effect on passage area, and therefore on maximum mass flow rate [Cumpsty and Nicholas
1989]. Therefore, it is necessary to perform a parametric study during the preliminary design to select
the suitable parameters.

One of the most important airfoil design parameters affecting the aerodynamics of transonic
blading is the chord wise location of maximum thickness. An experimental and numerical evaluation of
two versions of a low aspect ratio transonic rotor by [Wadia and Law, 1993] showed that more aft
position of maximum thickness is preferred for the best high speed performance. Similar results can
be found in a recent work by [Chen et al. 2007] describing an optimization methodology for the
aerodynamic design of a transonic compressor blading and showing how the thermal loss coefficient
decreases with increasing the maximum thickness location for all the sections from hub to tip. Also the
airfoil thickness has been showed to have a significant impact on the aerodynamic behavior of
transonic compressor rotors, as observed in an investigation on airfoil thickness effects by [Suder et
al. 1995]. The leading edge radius (LER) reduction has a beneficial effect on the bow shock loss as
mentioned by [Boyer 2001]. He found that an increase in detached bow shock loss from 10% of total
shock loss to over 60% of shock loss as the LER increased from 0.01 to 0.1 inches. Transonic
compressor blades tend to have a small amount of camber (¢) overall, to reduce the strength of the
passage shock and lower the risk of a shock induced boundary-layer separation [Kénig 1996].

MATHIMATICAL MODEL

The design process for the fan will encompass the following steps:

1. Selection of rotational speeds, inlet hub to tip radius ratios, stagger angle and geometrical
parameters defining the blade geometry.

Determination of number of stages using an assumed overall fan efficiency.

Calculation of the flow angles, blade angles and losses at mean section.

Calculation of stages efficiencies and pressure ratios.

Performing off design study for the calculated design parameters.

Performing a parametric study and select the most promising design.

ook

Choice of the Design Parameters. The choice of the rotational speed is limited by the blade tip
speed. The base line case data which is used in the design process with an assumed polytropic
efficiency of 0.9 is presented in Table 1.

Table 1: Base line data of the selected case.

Requirements Inlet Conditions Selected
Parameters
Mass 120 Total inlet 300 K N <10500
flow rate | kg/sec | temperature (r.p.m)
Fan .
pressure | 2.6 Total inlet 101.325 Hubtg 0.2-07
. pressure kPa tip ratio
ratio
Diffusion <055
Factor
Inlet
axial
Mach 0.7
Number

An initial estimation of the number of stages for equal total temperature rise of the stages indicates
that 3 stages are required to obtain the required overall pressure ratio. This number of stages may be
changed as the design parameters are changed to obtain suitable fan performance. A closer look on
a transonic compressor blading showed that MCA blading is the compromise solution between the
number of variables and the computational effort required for the parametric study during the
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preliminary design steps. The defining parameters for this type of blading are described in Fig. 1. Four
circular arcs, two of them are drawn from the leading edge and the other two are drawn from the
trailing edge. The circular arcs are drawn tangent to the maximum thickness circle to construct an
MCA-profile blade. The blade LE is on the right of Fig. 1.

Figure 1: Geometrical descriptions of the five parameters that Define MCA

Experimental Data and Fan Loss Models. There are many correlations describing the components
which lead to the estimation of total losses and hence the rotor performance in terms of fan pressure
ratio and efficiency. Several studies are conducted to validate the most suitable set of correlations with
available experimental data. [Cahill 1997] performed a valuable comparison with a large variety of
correlations for two transonic rotors (NASA Rotor 1-B and NASA Rotor 35). The profile loss model by
[Hearsey 1970] and the shock loss model suggested by [Koch and Smith 1976] have accurate
predictions compared to the experimental data of Rotor 35.

The Design Incidence and Deviation Models. The design incidence is calculated using the following
correlation of [Lieblein 1965]:

i;D :(Ki)xh(Ki)t(i())l()'i'ne (1)

Where,
(K, ),, = correction for profile shape different from NACA 65 airfoil profiles.

(K, ), = correction for maximum blade thickness

(i,),, = zero-camber incidence angle for ten-percent thick 65-series blades

n = slope factor
6 = blade camber angle

[Cetin et al. 1987] suggested the following inlet Mach number correction to the design incidencei;D :

i =i,, +5.738+1.3016M 2)

The modified Carter correlation by [Cetin et al. 1987] is used to calculate the deviation angle at the
design conditions.

é‘ctmer = (Ké')sh (Kﬁ)t (50)10 + % 0 (3)

Where,
(K 4),, = correction for thickness distribution

(K 4), = correction for maximum blade thickness
(J,),, = zero-camber deviation angle for ten-percent thick 65- series blades

m__. = rate of change of deviation angle with camber angle foro = 1.0

o=1
o” = term accounting for variable influence of solidity associated with /3,
The constants m __, and the solidity exponent b are functions of the inlet flow angle ,31 Cetin et al.

proposed a correction to Carter’s Rule based on the stagger angle  as follows,
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(e=i)m Js/c

modifie = (4)
W em s /e
Where the constant m is given by the following relation:
m =(0.219+0.0008916¢ +0.00002708¢7 ) x

2.175-0.03552£+0.0001917 ¢ 2 (5)

a

%)
c

Calculation of the Off-Design Deviation. Correlation suggested by [Creveling 1968] is used to
calculate the deviation angle at the off-deign as follows,

6-6
AR =f x) (6)

—0.809%x107 +0.5588x —0.2928x > x 20

(x)= (7)
/ { 0.1191x107° +0.48x —0.3452x* x <0

. L
1 —1

s

Where, x =

Pressure Loss Models at the Design Conditions. Individual loss components for highly transonic
fans can be classified into three main categories as suggested by [Koch and Smith 1976]:

* Profile loss — includes blade boundary layer and wake

» Shock loss — due to non-isentropic shock process in the primary (or core) flow

» Secondary loss — includes passage secondary flows and end-wall interactions between annulus
boundary layer and blade rows (tip gap flows and hub vortices)

+

secondary +a)zip clearance + a)annulm (8)

min = a)profile + a)shock

In many cases, the profile loss remains approximately constant over the working range of highly

transonic blade sections as explained by [Boyer 2001] with two examples (the work of [Bloch, et al.,

1996], and [Koénig, et al., 1996]). For designs with M1rel > 1.4, the shock loss can be an order of

magnitude greater than the profile loss. As the tip loads up, both the shock loss and secondary loss

increase. As the back pressure increases, the shock moves upstream, becoming more normal to the
flow and further detached from the leading edge.

Profile loss (blade section boundary layer and wake) @, ., is determined using the method of [Koch

and Smith 1976]. An equivalent diffusion factor, D; is defined as the product of three velocity ratios,

L W W, W, W,

— max - L . max . (9)

“ WTE Wl W P WTE

Where,
W = maximum suction surface velocity

max
W, =trailing edge velocity
W, = mean passage velocity in blade passage throat region

Relationships are derived for the first two terms on the right hand side of equation (9). The third
term can be calculated immediately from the inlet and exit velocity triangles of the rotor. The ratio of
passage throat velocity to inlet velocity was obtained from the following four equations:
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(A

_ .
We _ (sin B,—0.244501")* + _cosh (10)
P
P
2
P 1-M,, cos f3,

. 1-0.4458071, . /c A —A

A= —— =7 max/ 7 || el " a2 12
g ﬁl+ﬁ2) ( 3A j ( )

2

al

cos(———=

* RWMl _RZWMZ

r al (13)
R oW,

Where,
I = blade circulation parameter
A, =annulus area contraction ratio from cascade inlet to passage throat

A =annulus area

a

M

The ratio of maximum suction surface velocity to passage velocity is obtained from the following
equation:

= axial Mach number at station 1

nl

WWL =1+0.7688(r,,,, /c)+0.6024T"  (14)

P
Using Lieblein definitions, we have the following relation for the local diffusion factor:

D'=D" &_&

= 15
W, W, 1o

The profile loss coefficient for subsonic stream tubes is given by,

0, =—2 (ﬁj (16)
profile COSIB; L

where @ is the wake momentum thickness.

A correlation suggested by [Lakshminarayana and Horlock, 1963] is used to determine the losses
in the end-wall. The secondary flow loss and the annulus boundary layer loss are calculated using
correlations discussed by [Horlock 1973].

Pressure Loss Models at the off-design conditions. The following correlation for off design profile
loss by [Cetin et al. 1987] is used:

= +c,(i-i") (17)

where,
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for i}
0.00363M —0.00065 i—i =20

c,, is a correction coefficient for inlet Mach number.

m

{0.02845M -0.01741 i—i <0

The method of [Bloch, 1996] that is modified by [Boyer, 2001] provides the basis for the present
shock loss model. Prediction of off-design shock losses requires a priori knowledge of the shock
structure and Mach number. The method of [Moeckel, 1949], modified by [Bloch, 1996], is used to
determine the shape of the detached leading edge shock and detachment distance. The method
requires specification of the inlet relative Mach number M |, and blade leading edge radius (LER).
An evaluation method of the bow shock is discussed by [Bloch, 1996]. An estimate of the total
pressure loss due to the detached bow portion of the shock is obtained for a specified shock shape
and location. The total pressure drop is estimated from the following relation:

P&;l_o u (19)

P, s cos(&)

where P, is the total pressure downstream the bow shock.

This condition limited by the Mockoel hyperbola lies upstream the next adjacent blade leading edge
as shown in Fig. (2). If the obliqueness of the shock increased, then the bow shock will intersect with
the pressure side of the adjacent blade and then is reflected again into the passage. Figure (3) shows
an increase of bow shock obliqueness due to Mach number increase and LER decrease which may
be the case at the mean section (to the left) and at tip section (to the right). The total pressure loss
due to the bow shock then is estimated as follows,

s coj“(f) (1 ~ P()A}y
For 5 il (20)

P, s cos(&)

where P, /P01 is obtained from the oblique shock theory applied locally as the integration proceeds.

014 7 T T T T T T T T B
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Figure 2: Identical wave pattern for two adjacent case blades
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Figure 3: Wave pattern for two adjacent case blades where the Mach number increases and LER

decreases.
v e
P()A _ (7/+1)M1%norm 7 7/+1 7 (21)
POI (y_l)Ml%norm +2 2}/M1?m)rm _(}/_1)
M,,,, =M, sin(y ) (22)
\/x(f +(M ? —l)y ?
tany = (23)
U YRR
The spatial increment for integration is chosen to be a small value as follows,
y .
d — sonic 24
Y= (24)

where y . is the distance from the blade mean camber line to the sonic point on the shock. Eq.
(21) is integrated until the following condition is satisfied:

(l.O—P&) <0.0005 (25)

01

For the first passage shock, an approximation of first passage shock between the low and
medium back pressure regimes according to [Bloch, 1996] is described in figure (4). The decrease in
total pressure caused by this shock is mass averaged as follows,

I P
POZ_B POA (26)

P()A j- W dy
B

where, POZ/POA is obtained from equation (21) of the oblique shock theory. The integration steps are
determined by equally dividing the axial distance between the blade suction surface at the first
captured Mach wave (point A) and at the passage shock intersection point (point C). At each point
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along the blade surface, the Mach number is calculated as a Prandtl-Meyer expansion from the
upstream condition and the Mach lone is extended to the passage shock.

3 Bow
__ Stagnation e
Streamline / Shock
|I|I M>1
B %_.!/—’”i
- s & Sonic Line
- ; \
M > 1 . o
7\
/ \ Passage
First Captured ; ————— Shockg
Mach Wave / \
/ \
/ \C
At S e ! ‘{
‘______________,-a:__._-—-—

Figure 4: Approximation of first passage shock [Bloch 1996]

If the Mach number directly behind the first shock, M ,, is greater than unity, then a second
normal shock is formed. Equation (21) can be used with i = 90 degrees to get the total pressure loss

across this passage shock. At near shock operation the method of [Kénig, et al., 1996] is used to
estimate the Mach number directly upstream of the second shock which is assumed to be at the
trailing edge of the passage. The following exit-to-entrance area ratio equation is defined by Kdnig et
al.:

2_1 —0.499M , +0.5014+C,, (27)

B

where, C, = 0.0774 for MCA or wedge sections.

[Boyer 2001] suggests that if the Mach number behind the first shock, M , in Fig. (6), is subsonic,
then the area ratio defined by Equation (27) is assumed to be the critical area ratio, A, /A (i.e.,
M , = 1.0). This assumption introduces negligible error, as the existence of the downstream second

shock must imply a reacceleration to supersonic velocity. If M , is supersonic, then the area ratio can
be obtained from the compressible flow theory.

Near choke - NC

>
Ap —=—Mp =10 A;

x

Figure 5: Assumed blade passage contours at Near-choke operating condition [Konig et al.,1996]
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y+1
- 2(7-1)
s 1) 2 1+7/1M; ’ (28)
A M,|y+1 2

An equation for A, /A" can be obtained by combining equations (27) and (28). Then the Mach
number just upstream of the second shock M¢can be obtained knowing the critical area ratio.

Preliminary Design Results. A parametric study is performed to investigate the effect of different
design parameters on the fan performance and to choose parameters such as the rotational speed,
blade geometry parameters and the stagger angle of the rotor and stator. The fan performance is
computed in terms of the surge margin, fan efficiency and pressure ratio at the design and off-design
conditions. The results indicate that small leading edge radius produces higher rotor efficiency and
high pressure ratio.

However, the fan performance shows less sensitivity to changes in the leading edge radius
compared with the other geometrical parameters. The effect of the blade shape on the fan
performance is presented in figures (6) through (8). The parameters of the blade geometry are
selected such that minimum number of stages with maximum isentropic efficiency is obtained and the
fan produces the required pressure ratio. The effect of the rotor stagger angle on the stage efficiency
and pressure ratio is introduced in Fig. (9). Maximum isentropic efficiency of the rotor is obtained for a
stagger angle of 39°. At this stagger angle of the rotor, the stator has an optimum efficiency at a
stagger angle of 17.5° while the maximum pressure ratio is obtained at a stagger angle of 22.5° for the
stator.
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Figure 6: Variation of the total pressure ratio and isentropic efficiency with the changes in blade
geometry (t(max)/c)
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Figure 7: Variation of the total pressure ratio and isentropic efficiency with the changes in blade
geometry (Xymax/C).
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Figure 9: Variation of the total pressure ratio and isentropic efficiency with changes in rotor stagger
angles.

The inlet to the first rotor of the fan has the largest annulus area and consequently the first rotor
has the largest tip radius. Therefore, the rotational speed is limited by the blade tip speed of the first
rotor which is selected to be 450 m/s. The rotational speed has a maximum value of 10200 rpm.
Although, the isentropic efficiency and the total pressure ratio of the stage increase by increasing the
rotational speed, the surge margin decreases as shown in Fig. (12). Limiting the surge margin to 8.5%
yields a rotational speed of 9800 rpm.

The fan design parameters are selected such that the fan will have a maximum efficiency at the
specified constraints of 8.5% surge margin and a maximum tip speed of 450 m/s. The results indicate
that the minimum number of stages required to obtain a fan pressure ratio of 2.6 are three stages.

The pressure ratios of three stages at the selected deign parameters are 1.55, 1.36 and 1.25. The
parameters selected for the preliminary design are presented in Table 2. The variation of the annulus
area in the stages is shown in figure (11). The annulus area decreases along the fan because the
axial velocity is kept constant throughout the fan at the design conditions.
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Figure 10: The effect of the rotational speed on rotor performance parameters.

TABLE 2: Preliminary design parameters

Parameter First Stage Second Stage Third Stage
Rotor Stator Rotor Stator Rotor Stator
Number of blades 25 27 34 35 34 35
Mean radius (meter) 0.32 0.32 0.32 0.32 0.32 0.32
Aspect ratio 3.45 3.15 4 3.8 3.5 3.55
Hub to tip radius ratio 0.39 0.49 0.52 0.53 0.57 0.6
Rotational speed (r.p.m) 9,800 - 9,800 - 9,800 -
Tip speed (m/s) 450 - 411.3 - 398 -
Tip relative Mach number 1.63 - 1.15 - 1.08 -
Stage pressure ratio 1.55 1.36 1.25
Stage isentropic eff. 0.944 0.9337 0.9052

The off-design performance maps of the first rotor and the whole fan are computed and presented
in figures (12) and (13). The surge margin at the design mass flow rate is then computed according to
the formula introduced by [Gostelow, 1968]. As mentioned in Gostelow, the stall margin should be
between 5.5% and 20%. A surge margin of 8.5% is selected for this fan at the design mass flow rate.
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Figure 12: First rotor Performance map
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Figure 13: Overall Fan performance map

Numerical Simulations. The design shape produced by the preliminary method is simulated
numerically with CFD and the results are compared with those obtained by the low fidelity method.
The CFDRC-ACE multi physics module, which is a pressure based solver, is used for the numerical
simulation. It solves the time-dependent, Reynolds-averaged Navier-Stokes equations for turbulent,
compressible flows using a finite volume, time-marching approach on multi-zone, structured grids.
Spatial accuracy is nominally second order upwind formulation. Steady flows are simulated through an

iterative process using local time stepping. Turbulence is modeled using the Standard k =€ model.
CFD-ACE is capable of solving flows of speeds ranging from low subsonic flow to relatively high
supersonic flow.

A grid sensitivity study is performed to ensure that the baseline grid has adequate sizes to resolve
the solid wall boundary layers and the shock system. Simulations were conducted on different grids
with variable grid points. Table 3 summarizes the sensitivity of the number of cells for structured grids.
While Fig. 14 shows the variation of the observed flow quantity (i.e. total pressure ratio) for different
grids with different sizes of the first grid point near the wall.

TABLE 3: Pressure ratio for different grid sizes.
No. of Cells 2E5 5E5 8ES5 10 E5
1* grid spacing (meter) 8.0E-4 3.5E-4 3.0E-4 2.5E-4
(Stage Total Pressure Ratio) 1.426 1.4317 1.4327 1.4334
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Figure 14: Effect of grid spacing on the accuracy of the steady state solution

The grid sensitivity analysis indicates that the change in the total pressure does not exceed 0.7%
as the number of cells is changed from 200000 cells to 1000000 cells. In order to ensure high
accuracy resolution, the structured grid has been chosen in the representation of the problem. The
number of cells and the cluster factor are specified carefully to avoid having negative volumes. Figure
15 presents the baseline grid of 800,000 cells in the radial and circumferential directions that is used
for the simulations. The convergence history of different flow variables is introduced in Figure 16 which
indicates that the flow is converged to a steady state solution within 3000 iterations.
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Figure 15: Baseline structured grid with 800,000 cells in the radial and circumferential directions.
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Figure 16: Convergence history

The Mach number contours at the 50% span location measured from the hub are presented in
figure (17). The contours reveal that a series of oblique shock waves is formed on the blade. Thus, the
total pressure ratio is increased as a result of this shock system. The rotor pressure ratio is estimated
to be 1.48 as clear from figure (18) which shows the total pressure contours over the rotor inlet and
outlet.

The passage shock is moved toward the blade leading edge. The shock system inside the passage
is reduced to one strong shock. Some researcher explained the shape of the shock at the peak
efficiency operation as an oblique shock followed by normal one [Keith M. Boyer, 2001] and [Gregory
S. Bloch, 1996]. The location of the normal shock is controlled by the back pressure applied to the
rotor.

Table 4 shows the axial flow compressors characteristic in the different flow regimes [Boyce, M.P,
2003]. The similar transonic stages with inlet Mach number from 0.7 to 1.1 limited by a pressure ratio
from 1.15 to 1.6 and an isentropic efficiency from 80% to 85%. This values of isentropic efficiencies
decreases with the increasing of the inlet relative Mach number. Which is validates the current
results. The current transonic rotor shows a pressure ratio of 1.48 with absence of the stator. With the
complete stage this pressure ratio should slightly decreases due to the pressure loss.

TABLE 4 Axial flow compressor characteristics [Boyce, M.P, 2003].

Type of Application (Flow) Inlet T\ledﬂigngaCh Pressusr?az:tio per Efficiency per Stage
Industrial (Subsonic) 0.4-0.8 1.05-1.2 88%-92%
Aerospace (Transonic) 0.7-1.1 1.15-1.6 80%-85%
Research (Supersonic) 1.05-2.5 1.8-2.2 75%-85%

Performance of the designed rotor during off design operation was examined. The results shows
that the total pressure ratio tends to increase with the back pressure to certain value then the more
back pressure increase will causes the rotor to stall Fig. 19. Decreasing the back pressure increases
the isentropic efficiency to certain beak point then decreases rapidly near the choke point Fig. 20. The
same trend was observed for the different operating speeds but the operation range decreases with
the increase in rotor speed. This makes the operating speed to be limited to certain value. The
operation range measures the stability of the rotor performance.
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Figure 18: Inlet and outlet total pressure contours for rotor blade of the first stage.
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Figure 20: High fidelity design isentropic efficiency variation at different operating speeds.

The shock structure in the transonic compressor passage is very sensitive to the back pressure.
There are two regimes for the back pressure controlled the number forming the shock structure, the
low and high back pressure regimes [Gregory S. Bloch, 1996]. The range of back pressure for which a

two distinct passage shocks exist is referred to as the "low back pressure regime".

For low back

pressure conditions, the passage shock which begins at the blade leading edge will be a weak shock
and the flow downstream of this shock will be supersonic Fig. 21 (A). As the back pressure is
increased above some "low" value, a normal shock extends across the entire passage and merges
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with the right branch of trailing edge Fig. 21 (B). This normal shock moves upstream with increasing
back pressure and still moving until just coalesce with the first passage shock Fig. 17.

As the back pressure increased above the designed value, the normal shock continues to move
upstream. The passage shock becomes a combination of a weak shock and a full passage normal
shock Fig. 22 (A). If the back pressure increased above this maximum value of the "low back pressure
regime" the normal passage shock will detach and moves upstream of the blade leading edge.
Operating with a detached passage shock is commonly referred to as the "high back pressure”
regime. Figure 22 presents the shock structure at the low and high back pressure regimes during
operation.

(A) M=1.32 and "2/*i=1.25

Figure 21: Variation of the second passage shock with back pressure in the low back pressure
[Gregory S. Bloch, 1996]

The numerical simulations are used to validate the results obtained using the preliminary design
method. The effect of the rotor stagger angle on the rotor efficiency and pressure ratio is shown in
figure (23). The preliminary results shown in figure (9) are compared with those obtained using the
numerical computations shown in figure (23). The numerical computations show that maximum
isentropic efficiency is obtained for a rotor-stagger angle of 39° which is the same result obtained
using the preliminary method. In addition, the Mach number distribution through the cascade area is
shown in figure (24) for stagger angles different from the design point. As the stagger angle is
changed, the position of the shock wave is changed on the blade surface. Thus, the shock wave
losses are affected by the setting angle of the rotor.

Mach - —
5

113

113

113

(A) Near stall (B) Near choke

Figure 22: Designed rotor Mach contours at the mean section at 100% design speed and different
back pressure
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Figure 24: Mach number contours at different stagger angles of the rotor.
The effect of changing rotational speed on the rotor performance is shown in figures (25) and (26).

The numerical computations indicate that maximum efficiency is obtained at the design rotational
speed. This result means that good design parameters are selected using the preliminary design.
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Fig. 26 Mach number contours at different rotational speeds as a percentage of the design value.

CONCLUSION

In the current study, a reliable low fidelity-design tool is developed for the design of transonic
compressors. Different correlations are used to predict the shock wave losses, profile losses, deviation
angle and the design incidence. The developed tool is used to compute an initial geometry for the
numerical simulations. A parametric study of compressor blade geometry is performed to achieve
optimum design and off-design operations in terms of fan efficiency and surge margin. The blade
geometry is defined in terms of five parameters for a multiple circular arc MCA-profile. In addition, a
parametric study is performed on the stagger angles and the rotational speed. The off design
operation of the design shape produced by the preliminary method is performed with CFD. The
parametric study is also simulated numerically with CFD and the results are compared with those
obtained by the low fidelity method. The CFDRC-ACE is used for the numerical simulation. The results
computed numerically prove that good design parameters are selected using the preliminary method.
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NOMENCLATURE

= Area, (m 2 )

chord length, (m)
=Diffusion factor

=Double circular arc
=Incidence angle

=Leading edge raduis

= Mass flow rate, (kg /s )
=Mach number

= Multiple circular arc
Rotational speed, (r.p.m)

— W)

m @) a

0~ >0 >
I

Total pressure, (Pa)

Radius, (m)
Normalized radius, r/rm

= Total Temperature, (K)
=Blade thickness

= Tangential speed, (m/s)

W = Relative flow velocity, (m/s)

]

Greek Symbols

= Air angle, (degrees)
= Blade angle

=Ratio of specific heats
=Blade row circulation
=Boundary layer momentum thickness
=Density (kg/m3)
=Solidity, c¢/s

=Total pressure loss
Efficiency

= Work done factor

= Pressure ratio
=Stagger angle

=Angle between shock surface and
upstream flow

T NI ITATVTIR K

Subscripts
a = axial

= fan

= hub

mean
tip
tangential
Rotor inlet
Rotor outlet

f
h
m
t
0
]
2
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